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Unsteady Aerodynamic Modeling
of a Fighter Wing in Transonic Flow
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A numerical method for predicting steady and unsteady aerodynamic flows about aircraft wing configurations
is presented. The numerical procedure solves the three-dimensional full-potential equation by a strongly implicit
approximate factorization algorithm. Steady-flow analyses are obtained by relaxation, while unsteady analyses
are calculated by time-accurate marching. In the present work, calculated steady, quasisteady, and unsteady
wing surface pressures are presented for an F-5 fighter configuration and compared to experimental data for

subsonic and transonic flight conditions.

Nomenclature

a =speed of sound
Ay,...,Ag =metrics of coordinate transformation
c =reference chord
C, = steady-flow pressure coefficient,

= (P -P ) )/ (7%
C, =unsteady-flow pressure coefficient, real part
c,; =unsteady-flow pressure coefficient, imaginary

part
G =reduced velocity potential, =¢ — o,
h =plunging velocity
J = Jacobian of coordinate transformation
M =Mach number
P = static pressure
q = fluid velocity
t =time
u,u,w =components of local velocity in x,y,z direc-
tions, respectively

Uv,w =contravariant velocity components
X, V,2 = physical coordinate system
Xy =x coordinate of wing mode-shape node line
o = freestream angle of attack
& =angular velocity
Aa(t) =incremental angle-of-attack change at time ¢
v = ratio of specific heats
£, =computational coordinate system
0 = fluid density
T =time in transformed plane
¢ =velocity potential
Subscripts
LU =lower and upper surfaces of wing, respectively
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LE = quantity at leading edge of wing

max =maximum value of indicated quantity

%) = conditions at large distances from wing
Introduction

ODERN fighter aircraft typically require low-aspect-

ratio, highly tapered wings and can experience signifi-
cant aeroelastic effects during flight. For fighters with tip-
mounted stores, these effects are especially important and can
result in flutter phenomena that may greatly limit the useful
flight envelope. Accurate estimation of flutter phenomena is
of extreme importance in the overall analysis and design of
fighter aircraft configurations.

Flight at transonic Mach numbers is typically accompanied
by a significant decrease in airplane flutter speed. This cannot
be adequately predicted by extrapolating unsteady subsonic
aerodynamic theories into the transonic flow regime. Instead,
accurate transonic flutter analyses must incorporate
aerodynamic methods that properly account for shock-wave
development and motion.

For three-dimensional, unsteady, potential-flow problems,
computer programs using time-accurate, finite-difference
methods have been developed by several researchers. Borland
et al.! have developed a procedure based on a small-
disturbance formulation. Methods based on full-potential for-
mulations have been developed by Steger and Caradonna,?
Sankar et al.,? Isogai,* Bridgeman et al.,’ and Shankar et al.®

The present paper describes a computational aerodynamics
method for solutions to the three-dimensional full-potential
equation. The method is an improved version of the numerical
procedure described in Ref. 3 for steady and unsteady tran-
sonic flows about aircraft wing configurations. In this paper,
the computational method is described and computed results
are compared with experimental data for an F-3 fighter wing
model.’

Mathematical Formulation
The strong conservation form of the full-potential equation

ot (09, )+ (p8y), + (pd;), =0 (1)
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together with the energy and gas-law relationships
@+ [(v=1)/21g% =a* + [ (y—1)/2]2¢, + ¢2 + $2 + ¢2)
@
p=pg (a*/al)!/=D (3)

form the basis of the finite-difference algorithm.

For the sake of convenience, all densities are non-
dimensionalized with respect to p, and all velocities with
respect to V. The length scales are nondimensionalized with
respect to ¢, and the time quantities are nondimensionalized
with respect to ¢/q.

The above equations may be readily recast in a strong con-
servation form in a coordinate system (£,7,¢,7), which is
related to the physical coordinates (x,y,z,¢) by the following
general transformation:

E=E(x 2, n=9(x%r,21), {={(xy,2,1), 7=t

In this new coordinate system, the equation governing the
conservation of mass is given by

/D) + U/ + (pV/ ), + (o W/]) =0 4)
where

ngx(ﬂyg.z _T’zg‘y) + fy(ﬂzfx"’lez) + Ez (”x.{’y _ﬂyg‘x) (5)

The conservation of energy equation, when coupled with
the isentropic gas relationship, is given by

p=1+[(yv—1/2]
XMZ[1-2¢,— (U+§,)¢;
— (V+1,)8,— (W), ] V=D ©6)
In Egs. (4) and (6), the kinematic and geometric quantities

are defined by the following equations.
Coordinate velocities:

¢ Ex Ey Sz
y ¢Vt Nz Zs
& $x $ $e

N =- Nx X, +

=

Q)

Contravariant velocities:

U &
4 = N,
w &
A, A, As

+ A2 ¢E+ A4 ¢‘0+ A5 ¢§‘ (8)
A, A, A

Metric quantities:

A1A2A3 Ex gy gz ‘Ex Nx g.x
A2A4A5 = Mx ny Nz Ey My fy (9)
A3A5A6 g‘x g‘y g‘z gz Nz g‘z
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In Eq. (5), the term (p/J), is replaced by a new expression
using a straightforward differentiation of Eq. (6) with respect
to 7. After performing the above differentiation, the following
equation is obtained in place of Eq. (5):

>~V /DM (&, + Uy, + Vo, + W, |
+Qy = (pU/ D)+ (pV/ ), + (o W/]), (10
where
Q1= —p(1/0), + (9?77 /2D)MZ% [ A, 6} + Ay, 6% + Ag, 62]
+ 60,42, +6,0;A5, + DO Ay + b (£,),
+é, (1), + b, (5), an

The Q, term derives its contribution entirely from the time
deformation of the grid. For problems where the grid
undergoes only small deformations, Q, may be explicitly
evaluated without any instability. For problems involving
large deformations, Q; must be implicitly treated and linear-
ized at time level (n+1). An implicit treatment of the con-
tributions from grid deformation is given in Malone and
Sankar.?

Equation (11) is highly nonlinear, as well as nonconser-
vative with respect to time. Ballhaus and Steger® have
demonstrated that a nonconservative treatment (with respect
to time) of the unsteady potential equation can give erroneous
shock speeds in transonic flows. Thus, Eq. (10) in its present
form is useful only for subsonic flows.

A strict conservation form in time may be obtained as
follows. Let L"*!(¢) represent the left-hand side of Eq. (10) at
the time level (n+1).

Then, in order to exactly balance the terms in L"*1(¢), the
following quantity

A (6 ER

is added to the right-hand side of the equation. Thus Eq.
(10) becomes

L@ =1 @)+ (£)"- )"

pU>n+l (pV>n+1 (pW>n+l
+(—=) +(—=) +(— 13
(J . 7 7/, 13

7

This equation can be placed in a conservative divergence
form in both the time and space coordinates. The above
equation is nonlinear in time, and must be linearized. In
order to maintain strict conservation with respect to time,
both L”*1(¢) and L"(¢) are linearized in an identical man-
ner. It may be noted that Eq. (13) still contains p. Thus Eq.
(7) must still be used, albeit in an auxiliary role, during the
computation.

Experience with full-potential solution procedures!® has
shown that it is advantageous to recast Eqgs. (13) and (6) into
a ‘“‘reduced-potential’’ form. Here, the reduced potential is
defined as the difference between the actual velocity poten-
tial and the uniform freestream potential. The reduced
potential is given by the following equation:

G=¢—-9¢, (14)
and

¢, =XCOSa+ zSina (15)
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When Eq. (14) is substituted into Eq. (13), terms involving
derivatives £ and { of the total potential ¢ can be written as

¢ =G, +xcosa+z;sina (16)
and
¢, =G+ xco80a+z;sinc 17

Equation (13) is then rewritten for solution in terms of the
reduced-potential as follows:

L**1(G) =L"(G) +%[<7p>n_ (7p)_1]

pU)n+l <pV)n+l pW)n+i
+\— +\— +\—
(J ; J 7/, 1)

n

From Egs. (16) and (17), it is seen that the use of a
reduced-potential formulation permits the analytical evalua-
tion of certain portions of the partial derivatives required for
Eq. (18), thus reducing numerical errors, even on highly
distorted or stretched computation grids.>

Computation Grid

The well-known parabolic coordinate transformation!! is
used to construct a body-fitted coordinate system suitable
for modeling aerodynamic flows around wall-mounted swept
wings. In this coordinate system the wing surface, as well as
any assumed wake shape, becomes a coordinate surface such
as {=0. The outer boundary in the direction normal to the
wing surface is located at {=¢,,,. The sidewalls are mapped
onto the plane 4 =0. The wingtip is located at 7 =1g,, while
the outer boundary in the wing spanwise direction is located
at n=1,,,. Finally, the streamwise coordinate { is defined as
£ =1 at the downstream boundary, lower wake position, and
as £=§,,, at the downstream boundary, upper-wake loca-
tion. The wing leading edge is located at

£ = (Emax + 1)/2 19

Figures 1 and 2 illustrate this numerical grid in both physical
and computational space.

Continuation of the sheared parabolic transformation
beyond the wingtip introduces a singular line requiring
special treatment. In the present work, the wing is extended
beyond its tip with fluid airfoils of very small but finite
thickness. Since these are fluid airfoils, ¢ must be continuous
across them, and appropriate action is taken while applying
the boundary conditions on the fluid airfoil surface.

In the computational domain the grid points are uniformly
placed so that Af=An=A{=1. In the physical plane (x,y,z),
the grid points are clustered closely near the wing and are
highly stretched in the outer regions.

Fig. 1 C-grid coordinate system—physical space.
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Boundary Conditions
The boundary conditions used approximate the flow about
a finite wing which is mounted on a wall (symmetry plane)
located at the wing root. The necessary boundary conditions
can be divided into the following regions.

Wing Surface

For inviscid flows, the condition of zero normal velocity at
the wing surface is satisfied by setting

W=0 (20)

This equation is used to obtain an expression for the
derivative of G on the wing surface. That is,

1
Gr= =4[5+ £ (Geke+ Gyneo+ 00sa) +5, (Gt + Gyny)

+§(GE, + G, +sina) | 1

Wake Surface

At the vortex sheet (located on the wing mean plane) the
requirement that the pressure and W be continuous leads to
the following transport equation for shed vorticity:

ar  or
or or_ 2
o T4 =0 (22)

Here u is the average of the x component of velocities
above and below the vortex sheet and T is the jump in the
velocity potential. The above equation is integrated using an
explicit marching procedure in x, starting from the wing
trailing edge at each span station. Once T is determined, the
values G, and G; above and below the vortex sheet are ob-
tained using the following relations:

I=G,-G, 23)

(G)u—(Gy), 24

Wingtip Extension

At points beyond the wingtip, infinitesimally thin airfoil
sections are assumed to avoid treating a special equation
near points on the singular axis. No discontinuity in G is per-
mitted across these fluid airfoils. On the fluid airfoil section,
everywhere except at the nose, there are two computational
points: one on the upper surface and the other on the lower
surface of the airfoil. The values of G on these airfoil sta-
tions are determined by a simple averaging of G above and

S A
T
C
U .
Ok — — 4
Y
N M

Fig. 2 C-grid coordinate system—computational space.
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below. At the nose of the fluid airfoil, where such averaging
is not possible, the Laplace equation is solved for G, as sug-
gested by Jameson.'0

Symmetry Plane

At the end wall, the governing equation is applied. The
proper boundary condition at the end wall is that the con-
travariant velocity V becomes zero. This was satisfied by
creating image points behind the wall and setting

CV/Dij1k=— VD124 (25)

Outer Boundaries

At the far-field boundaries, the disturbances in ¢ are
assumed to vanish, both for steady- and unsteady-flow prob-
lems. Under this assumption the reduced potential vanishes
along the outer boundaries. This approximation produces
good numerical results for unsteady flows as long as no solu-
tion contamination occurs from reflected waves at the
boundaries. The grid stretching used in the current numerical
procedure has proven adequate in suppressing possible wave
reflections. A more rigorous treatment of the unsteady outer
boundary can be made by enforcing p(¢) =1, and using the
resulting expression obtained from Eq. (6) as an extrapola-
tion formula to update the potential at the outer boundary.

Matrix Solution Procedure
Equation Linearization and Discretization

Equation (18) is a nonlinear expression due to products of
the reduced potential and its derivatives at the same time or
iteration level. However, a first-order-accurate expression in
time for L"*!(G) may be obtained by lagging the con-
travariant velocity terms. L?*! is then written as

L (G) =(p/ ]y "ML,
X [GE' + UGEH + VPG + WG +Q,]1 (26)

In the present numerical procedure Q, is set to zero. Dur-
ing unsteady analyses, grid velocities x, and z, are computed
at the wing surface and applied as surface transpiration
boundary conditions. These approximations have been
shown to produce good numerical results for wing motions
of limited amplitude.?

The various terms that constitute Eq. (19) are discretized
as follows. The term G7}! is replaced by

5,0,G"+1 = (AG"*! — AG" ) AP @7

where the ‘‘correction’’ to the velocity potential at the n+1
time level is

AGrHl =Gr!l - G?

A windward finite-difference expression for the term
UPG,"+! is written at a point (i,j,k) as

+1__ 1
U,;40,9,Gr=Ur (MG —AGE k)
L TL)

. 28
Tk — 28)

Equation (28) is suitable only when U,;, is positive. In
regions where U;;, is negative, a suitable expression is
U}fj_k(AG,"i%Jj,k—AG;jlf,})/At. Similar expressions apply for
the terms V"G7+! and W"GH.

In supersonic regions, an upwind bias must be added to
the transonic potential equation. In the present work this up-
wind bias was implemented using the artificial compressibil-
ity concept studied by Holst and Ballhaus,'? and previously
applied to two-dimensional, unsteady, potential flows by
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Goorjian.!? The three flux terms on the right-hand side of
Eq. (18) are replaced by the following expression:

,‘)U)n+l (ﬁ[/)n+1 (ﬁW>n+l
(J ; 7/, T/, 29

where
Pijk=Pijkt Vi,j,kgf-pi,j,k (30a)
Pijk =Pkt Vi,j,k‘gpi,j,k (30b)
Pijk=Pijit Vi,j,kS;pi,j,k (30¢)
and
v=max[0,1 - (M;/M};,)) (30d)

Here M, is a cutoff Mach number'? set between 1.0 and
0.95, while M, ;, is the local Mach number.

In Eq. (29) the pU/J flux term is linearized by lagging the
cross derivative and density terms. That is,

GU/N" =" [(A /N GE! +(Ay/ D) G+ (A3/ )Gy
+ 5" { (A,/J) (x;cosc+z;sina)
+ (A;3/J0) (x;cosa+z;sina) ] + 57 [£,/7] 7! 3D

Here, since Q, has been set to zero, the metric terms A4, 4,,
A;, etc.,, do not change with time. Consequently, the
superscripts on these terms have been eliminated from Eq.
(31). Similar expressions are written for the V and W flux
components.

It should be noted that if the computational grid does not
move during unsteady calculations, Eq. (18) can be rearranged
into a form similar to that used in two dimensions by Goor-
jian." That method was based on a first-order-accurate
Taylor series expansion of the fluid density. However, as
shown in Ref. 3, the present approach is derived solely from
the addition of certain terms to Eq. (10) to restore time ac-
curacy. The total effect of these added terms sums to zero so
that the equality of Eq. (18) is preserved. The present tech-
nique will, in fact, produce different results from the method
of Ref. 13 if a moving computational grid is utilized.

All of the spatial derivatives in Eq. (29) are discretized us-
ing central differences about the grid half-points in the i, j,
and k directions. Cross-derivative terms, such as
0; [ (pA,/N)Gy] in Eq. (31), are treated by taking averages
of the appropriate second-order derivatives at grid points on
either side of the given half-point location.

For steady-flow problems, Eq. (19) reduces to the follow-
ing familiar form:

OU/ )+ (pV/ ), + (gW/]) =0 32)

The linearization and discretization of the above equation
is then carried out exactly in the same manner as for the
time-dependent case. The superscripts (n+ 1) and » are inter-
preted to be successive iteration levels for the steady-flow
case.

Approximate Factorization Procedure

Once a body-fitted coordinate system is constructed, the
governing equation in its discrete, time-linearized form may
be applied at all of the interior points. In the present work,
points on the symmetry plane are also treated as interior
points, while points on the wing surface, as well as points on
any assumed wake shape, are treated as boundary points. At
each interior point, the discretized equation may be formally
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written as

1 1
Z i AGIH_ + B AGH k + Dy (AGH i + Bk AGT i

+FhAGH ] o+ Hj AGHE)  +8,,4AG L =R (33)
Here, AG”*! at all boundary points is either set to zero or
expressed in terms of AG"*! at the interior points in a man-
ner described in the section on boundary conditions. Thus,
Eq. (33) may be assumed to contain only AG"*! values at
the interior points.

Equation (33) represents a system of simultaneous equa-
tions for the quantity AG"*' at all interior points. This
system may be written formally as

[M]{AG)"*! = (R}" (34

A direct inversion of [M], or even an iterative solution of
[M] by a Gauss-Seidel solution procedure, for example, is
not practiced because [M] usually is a very large matrix,
despite its sparseness. One, therefore, usually approximates
the above matrix equation by another matrix equation:

[M']1{AG}"*! = {R}" (3%
where [M’] is a matrix that is easily inverted, and is similar
to [M].

In the present work the strongly implicit procedure, as
proposed by Stone,'* is used to replace the original matrix
[M] by the new matrix [M’]. This is accomplished by add-
ing error terms to the left-hand side of Eq. (33). A complete
description of the coefficient terms in Eq. (33) and the error
terms added to the original matrix, [M], is given in Ref. 3.

Using Stone’s approximate factorization procedure, Eq.
(35) can be expressed as an LU decomposition of the new
matrix, [M’]. That is,

[M'1{AG}"*!' = [L]1[U] {AG)"+! = {R}" (36)
where [L] and [U] are lower triangular and upper
triangular matrices, respectively. Equation (36) is solved for
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the value of G at the next time level for unsteady flows, or at
the next iteration level for steady flows.

Stone’s approximate factorization procedure can be used
to provide a unified steady/unsteady aerodynamic analysis
procedure. For steady-flow problems, the coefficients of Eq.
(33) contain only contributions from the steady form of the
mass conservation equation. For unsteady analyses, the ap-
propriate time derivative contributions are added to the coef-
ficients in Eq. (33). Then, regardless of the particular ap-
plication, Stone’s method is applied in an identical manner
to obtain a new estimate of the reduced potential, G, at the
next time or iteration level. The use of Stone’s method for
this type of unified aerodynamics procedure permits the
development of an extremely compact computer program
which is relatively easy to maintain.

Results and Discussion

The F-5 model wing-tunnel tests’ performed by the Na-
tional Aerospace Laboratory (NLR) provide an excellent
aerodynamic data base for computer code evaluation pur-
poses. During these tests wing surface-pressure distributions
were measured for both steady- and unsteady-flow condi-
tions. The F-5 clean-wing test results are used here to pro-
vide correlations with the present three-dimensional full-
potential aerodynamics code. The large leading-edge sweep
angle and the relatively small wing aspect ratio make the
aerodynamic modeling of this configuration reasonably
challenging for state-of-the-art finite-difference computa-
tional methods.!5:16

F-5 Model Description

The F-5 wing planform has a leading-edge sweep angle of
approximately 32 deg. The wing airfoil is a modified NACA
65-A-004.8 section, characterized by a droop nose extending
from the airfoil leading edge to approximately the 40%
chord location. Aft of the 40% chord position, the airfoil is
symmetrical. The zero-angle-of-attack reference line coin-
cides with the plane of symmetry of the rear portion of the
airfoil.

;
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Fig. 3 F-5 steady-flow pressures, M, =0.80.
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Aeroelastic Mode Shape

During unsteady oscillations of the F-5 model, the wing
vibration modé was measured using eight accélerometers
embedded in the model structure. The accelerometer data
were then used to develop an analytical approximation of the
wing’s aeroelastic mode shape corresponding to each test
condition. This analytical expression assumes no deforma-
tion in the chordwise direction and a parabolic deformation
in the spanwise direction.” The aeroelastic mode shapes cor-
responding to specific test conditions were used to compute
wing surface boundary conditions réquired for the present
unsteady aerodynamic analyses.

Surface boundary conditions in the numerical computation
were the velocity components in the normal and axial direc-
tions at each wing surface grid point. Velocity components at
each time step were computed from the following
expressions:

xr=z(t)a(t) 37
zr=—[x(1) ~xy)&(t) + h—h, (1) 398

where
h, (t) =tanAw(?) 39)

This latter term simulates the change in wing surface slope
due to unsteady incremental angle-of-attack chianges.

Data Presentation

Quasisteady pressure distributions were evaluated by first
computing steady-flow aerodynarmiic data at two incremental
angles of attack above and below the mean angle {oy=0
deg), and then substituting these results into the following
equation:

c - AC, C,(ag+Aa)—C,(a—Ax))
P A 2Aa,

40)

where o, =0.5 deg. ;
Approximations to the first harmonic ¢omponents of the
unsteady pressures were computed using the following

X/C

SURFACE TEST THEORY

UPPER _—

LOWER o  -----
Moo = 0.95

o
a=20.0
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expressions:

C'=_ I:Cp(wt=37r/2) - p(wl:w/Z):I
=

4
2Aa “1n
. C . —=C
C'= — [ plot=7) p(wt:O)]
i 2Aa (42)

These expressions are exact when the pressure coefficient
varies simply harmonically. Near moving shock waves, some
error is possible depending upori the actual pressure varia-
tion as a function of time. A similar technique was used to
estimate the first harmonic of the unsteady lift and moment
coefficients.

F-5 Model Theory/Test Correlations

Numerical computations were made at Mach numbers of
0.6, 0.8, 0.9, and 0.95. For éach of these Mach numbers,
steady-flow analyses were made at three different angles of
attack (ag= —0.5, 0.0, and 0.5 deg). Then, numerical results
for the 0-deg angle-of-attack cases were used as starting solu-
tions for two unsteady-flow analyses at each of the four
Mach numbers. The unsteady analyses corresponded to wing
pitching oscillation frequencies of 20 and 40 Hz, respectively.
Finally, quasisteady results were calculated using steady-flow
analyses at ap = — 0.5 and +0.5 deg. A complete set of these
theory/test data correlations can be found in Ref. 17. Several
of the surface-pressure data correlations are presented here
and discussed in the following paragraphs.

Steady-Flow Results

Correlations of theory and test data for steady-flow condi-
tions are shown in Figs. 3 and 4 for oy =0.0 deg at Mach
numbers of 0.8 and 0.95, respectively. In general, the cor-
relation between test results and theory was favorable over
the entire range of Mach numbers examined. At M=0.8 the
flow remained subcritical, which is borne out both by
theoretical calculations and test data. Both test results and
theory showed strong shocks at M=0.95. At M=0.95, test
results showed shocks on both the upper and lower wing sur-
face with the upper shock slightly aft of the lower shock.
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0.0 0.2 0.4 0.6 0.8 1.0
‘ X/C
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| T -t
Va jr R
A
a \ o o @
< o
@) - o o= Fy
{
n / \
5 1 w
o T T T T ! S Y e
0.0 0.2 0.4 0.6 0.8 1.0 0.0 0.2 0.4 0.6 0.8 1.0

X/C

X/C

Fig. 4 F-5 steady-flow pressures, M, =0.95,
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Fig. 6 Unsteady pressures, imaginary part, M =0.80.

Numerical computations captured the shocks on the upper
and lower wing surfaces and also placed the shock on the up-
per surface slightly aft.

Unsteady-Flow Results

Unsteady analysis results are shown in Figs. 5-8 for Mach
numbers of 0.8 and 0.95, respectively. Estimates of the first
harmonic, real and imaginary components of the unsteady
surface pressures were calculated using Eqgs. (41) and (42).

Each theory vs test correlation shown corresponds to a
20-Hz oscillation frequency. The reduced frequencies are
nearly equal for both cases (0.130 and 0.153). The amplitude
of oscillation at the wing root was 0.108 deg at Mach=0.8

and 0.523 deg at Mach=0.95. In calculating the results
shown in these figures, each cycle of unsteady motion was
divided into 240 time steps. The actual time-step size used
was a function of reduced frequency. For the analyses
presented here, time-step sizes ranged from 0.03 to 0.06 unit
chord traveled per time step.

The real components of the lower surface pressure show a
pressure peak near the leading edge caused by the drooped
leading-edge wing geometry. The imaginary components of
pressure are seen to be generally smaller in magnitude than
the real components, except near the moving shock waves
for the M=0.95 case. The sign changes of the imaginary
pressures on both the upper and lower surfaces are also
predicted qualitatively by the theory for the M=0.80 cases.
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Quasisteady Results

Figures 9 and 10 show correlations of quasisteady theory
and experimental data for Mach numbers of 0.80 and 0.95,
respectively. The theoretical and experimental data shown in
these figures were calculated using Eq. (40). Pressure data
corresponding to oy = +0.5 and ~0.5 deg were used in the
calculations. A comparison of Figs. 5 and 9 and Figs. 6 and
10 shows that the quasisteady data provide a reasonable
estimate of the real component of the unsteady pressure
distribution for corresponding Mach number conditions.

Concluding Remarks

A numerical algorithm for steady and unsteady potential
flow was applied in the caiculation of aerodynamic presures
and forces on an F-5 fighter wing model in transonic flow.
Correlations of calculated results and experimental data were
made for steady-, quasisteady-, and unsteady-flow condi-
tions at two values of freestream Mach number and nearly
equal values of reduced frequency. These correlations showed,
in general, good agreement between theory and test data
for most of the cases examined. Based on these comparisons,
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a method such as the one presented herein could be used to References

provide the unsteady aerodynamic data required to predict
the flutter behavior of fighter-type wings moving at tran-
sonic speeds.
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